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BQUHDARY-LATSR TRANSITION ON TEE N.A.C.A. 0012 A 3D 23012 



AIRFOILS II THE 8--F00T HIGH-SPEED ,/IND TUNNED 
By John V. Becker 



SUMMARY 



Determinations of "boundary-layer transition on the 
N.A.C.A. 0012 and 23012 airfoils were made in the 8-foot 
high-speed wind tunnel over a range of Reynolds Numbers 
from 1,600,000 to 16,800,000. The results are of partic- 
ular significance as compared with flight tests and tests 
in wind tunnels of appreciable turbulence because of the 
extremely low turbulence in the high-speed tunnel. 

A comparison of the results obtained on N.A.C.A. 0012 
airfoils of 2-foot and 5-foot chord at the same Reynolds 
Number permitted an evaluation of the effect of compressi- 
bility on transition. The local skin friction along the 
surface of the N.A.C.A. 0012 airfoil was meastired at a 
Reynolds Number of 10,000,000. 

For all the lift coefficients at which tests were 
made, transition occurred in the region of estimated lam- 
inar separation at the low Reynolds Numbers and approached 
the point of minimum static pressure' as a f orward , 1 im i t at 
the high Reynolds Numbers. The effect of compressibility 
on transition was slight. None of the usual parameters 
describing the local conditions in the boundary layer near 
the transition point served as an index for locating the 
transition point. As a consequence of the lower turbulence 
in the 8-foot high-speed tunnel, the transition points 
occurred consistently farther back along the chord than 
those measured in the N.A.C.A. full-scale tunnel. 

An empirical relation for estimating the lo.cation of 
the transition point for conventional ai.rfoi.ls on the basis 
of static-pressure distribution and 'Reynolds Number is pre- 
sented, 

INTRODUCTION . . 

The study of transition from laminar to turbulent 
flow in the boundars* - layer of airfoils has recently been 
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stimulated by the discovery that extensive laminar layers 
exist in flight over the forward portion of very smooth 
wings (reference l). The drag of an airfoil depends on 
the location of the point of transition from the low-drag 
laminar type of flow to the high-drag turbulent condition; 
and the prediction of drag from model tests therefore re- 
quires that the transition point, both in the wind tunnel 
and in flight, be known. 

Most boundary-layer studies in the past have been re- 
stricted to flat plates or to simple shapes -such as. spheres 
and. cylinders. (See references 2, 3, and 4.) The results 
have been of value as applied to airfoils chiefly in in- 
dicating the powerful effects on transition of wind-tunnel 
turbulence, surface roughness, and Reynolds Number. On 
airfoils operating through a wide range of angles of at- 
tack, the corresponding large change in static-pressure 
distribution is also important in controlling the extent 
of the laminar layer. ?or all airfoils, two general changes 
in static-pressure distribution on the upper surface take 
place ad the angle of attack is increased: The point of 
m inimum / s tat ic pressure moves forward and the adverse pres~ 
sure gradient behind this point . becomes more severe. Re'- 
cent tests in the N.A.C.A. full-scale wind tunnel (refer- 
ence 5) Showed that these factors cause the transition 
point to move forv/ard with increasing angle of attack. 

Investigations of boundary-layer transition in the 
N.A.C.A. 8~foot high-speed wind .tunnel are of particular 
significance beca\ise of the very low turbulenc c of the air 
stream; sphere tests (reference 6) showed approximately 
the same critical Reynolds Number in this tunnel as in 
flight. The main purposes of the present, investigation- 
were: to locate points of .trans iti on in- this wind tunnel 
on conventional, widely used airfoil sections as a basis 
of comparison with results obtained in streams of other 
•turbulence; to obtain the effect of compressibility on 
boundary-layer transition; and to determine the skin-fric- 
tion distribution at a high Reynolds Number as a basis 
for the prediction of airfoil drag. 

In order to permit comparison with the tests made in 
the N.A.C.A. full-scale tunnel which has a turbulence 
factor of 1.1 (reference 7), and with future flight tests, 
the N.A.C.A. 0012 airfoil was used in the greater portion 
of the present investigation. Less extensive tests of the 
N.A.C.A. 23012 airfoil were also made. By the use of 
N.A.C.A. 0012 airfoils of 2--foot and 5-foot chord, a 
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Reynolds Hum"ber range of 1,600,000 to 16,800,000 was at- 
tainable and, by a comparison of the results obtained on 
the two airfoils at the same Reynolds Number, the effect 
of compressibility could be evaluated. 

Because the prediction of airfoil drag demands a 
knowledge of the skin friction for the laminar and the 
turbulent types of flow as well as of the location of the 
transition point, complete determinations were made of 
boundary-layer velocity profiles at a Reynolds Number of 
10,250,000 to allow computation of the local skin-friction 
coefficients. These coefficients are compared with the 
approximations obtained by a suitable modification of the- 
oretical flat-plate skin-friction coefficients. 

Force measurements showing the drag increment due to 
controlled forward movement of the transition point were 
also made and the results are correlated with those of 
the skin-friction determinations. 

APPARATUS AND METHODS 



The N.A.C.A. 8-foot high-speed wind tunnel in which 
the investigation was conducted is a single-return, closed- 
throat, circular-section tunnel. The air speed is continu- 
ously controllable from approximately 75 to more than 500 
miles per hour. 

The airfoils employed in the tests spanned the test 
section of the tunnel (fig. l) . Two 5-foot-chord airfoils 
of N.A.C.A. 0012 and 23012 section were constructed of a 
wooden framework covered with l/8-inch aluminum plate ex- 
cept for a short section at the leading edge, which was 
covered with steel and left unpainted to prevent erosion 
at high speeds. The aluminiim-cover ed portion of the air- 
foils was spray-painted and finished w.ith fine-grade water 
sandpaper until it was aer odynamically smooth. Close ex- 
amination of the surface revealed barely perceptible sur- 
face waves at the lines of attachment of the metal sheet 
to the wooden formers, which could not be eliminated with 
this type of construction. So that' the effect of these 
minute irregularities could be evaluated, another 5-foot- 
chord N.A.C.A. 0012 airfoil was built of solid wood; the 
surface of this airfoil could then be made aerodynamically 
fair as well, as aerodynamically smooth. 
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A 2-foot-chord N.A.C.A. 0012 airfoil was built of 
solid duralumin. The surface of this airfoil was ideally 
smooth and fair so that test results for it could he di- 
rectly compared with those for the solid-wood 5-foot-chord 
N.A.C.A. 0012 airfoil. 

In the tests of the N.A.C.A. 0012 airfoils, veloci- 
ties were determined at four heights above . the airfoil ' - 
surface chosen to permit a study of the velocity distri- 
bution in the boundary layer. Four small total-pressure 
tubes were mounted together i*ith a single static tube in 
an arrangement similar to that described in reference 1. 

The tubes used on the 5-foot-chord airfoils (fig. 2) 
were of stainless steel, 0.040-inch outside diameter, with 
a 0.003-inch wall thickness. "The ends of the total-pros- 
sure tubes were flattened to an outside dimension of 0.012 
inch for a length of one-half inch from the opening. The 
tubes wore 2 inches long and were soldered into l/l6-inch 
copper tubes, which-extended back along the surface of the 
airfoil to rubber tubing that was led along the trailing 
edge to manometers. A hemispherical plug was inserted 
into the end of the &tatic tube and four 0.005-<-inch holes, 
equally spaced around the circumference, wore drilled in 
the plane of the ends of the total-pressure tubes.- The 
five tubes were soldered together on top of two l/8-inch- 
high bridges to facilitate handling, adjustment of .height, 
and attachment to the airfoil. 

A similar set of survey tubes (fig. 3), approximately 
two-fifths the size of those used on the 5-foot-ehord air- 
foil, was used for the tests on the 2-foot-chord airfoil. 

The method of installing the tubes on the N.A.C.A. 
0012 airfoils is shown in figure 1. Measurements were 
made with the bank of survey tubes located at 5-percent- 
chord intervals between 5 and 80 percent of the chord. 
The entire installation was attached to the airfoil by 
gummed cellulose tape covered with a thin coat of dope to 
prevent raising at the edges. In all the tests, the low- 
est tube was firmly sprung against the airfoil surface* 
The heights of the other tubes were set appr o'ximately to 
the desired values by -means of thickness gages and then 
measured to the nearest 0.001 inch with a micrometer mi- 
croscope. • ■■ ■ 

The complete boundary-layer measurements required for 
the skin-friction determination of the 5-foot-chord N.A.C.A. 
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airfoil wore made by placing two tanks of survey tubes at 
the same chord station and adjusting the eight total-pres- 
sure tubes to include the full depth of the "boundary layer. 

Owing to the fact that the tubes wore operating in a 
vertical velocity gradient, the indicated dynamic pressure 
was slightly higher than the true dynamic pressure at the 
geometric center of the tubes* The effective height, cor- 
responding to the indicated dynamic pressure, was obtained 
from the results of reference 8, which show that about 20 
percent of the over-all height of the tube should'., be added 
to the geometric height. 

A simplified method of detecting transition was em- 
ployed in the tests of the 1T.A.C.A. 23012 airfoil. Only 
the total pressure near the surface was measured by means 
of single total-prossur e tubes of the same dimensions as 
those in the 4-tube survey heads used on the 5-foot KT.AiC.A. 
0012 -airfoil (fig. 2). .Only one tube being required at, 
each station, it was possible to install tubes at all 14 
stations at the same time. Care was taken to space the 
tubes a sufficient distance . apart along the span so that 
the wake of one tube did not pass over the adjoining tubes. 
The theoretical static-pressure distribution was used to 
compute approximately the velocities corresponding to the 
total-pressure readings. 

The effect of small surface irregularities in precip- 
itating transition is well known. In the measurement of 
■the drag increment associated with controlled movement of 
the transition point on the 5-foot-chord N.A.C.A.. 0012 
wing, transition was fixed at the desired chord station by 
a linen string doped across the span on both surfaces. Two 
sizes of string, 0.035 inch and 0,017 inch (outside dimen- 
sions after doping), -were found to be equally effective in 
fixing the transition point. The same result was obtained 
by spraying a l/2-inch strip of 0.0037-inch carborundum 
grains across the span, transition being assumed to start 
at the center of the strip. 



TESTS 



•Determinations of boundary-layer transition on the 
I.A.C.A. 0012 airfoils were made at air speeds ranging from 
the minimum attainable, approximately 75 miles per hour, 
to 445 miles per hour. The section lift coefficients at 
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which, the airfoils were tested were -0.57, -0.16, 0, 0.16, 
0.33, and. 0.65.' Owing to structural limitations of the 
5-foot-chord airfoil, the maximum allowahle lift coeffi- 
cient decreased as the air speed increased. Thus, at 445 
miles per hour, only the zero-lift condition could he 
tested. There were no restrictions on the allowahle lift 
coefficient of the' 2-foot-chord airfoil in the speed range 
covered in these tests. Mos-t of the tests of the NiA.C.A. 
0012 airfoils were made with the metal-covered 5-foot-chord 
airfoil and the all-metal 2-foot-chord airfoil.. The tests 
of the solid-wood 5-foot-chord airfoil wore made after the 
main program had "been completed and included only transi- 
tion determinations at comparatively few test conditions. 

The. "boundary-layer- transition tests of the N.A.C.A. 
23012 airfoil were made over a range of speeds of 80 to 
445 miles per hour. The .section' lift coefficients, sub- 
ject, to the same restrictions as for the 5-foot-chord 
NiA.C.A. 0012 airfoils, were 0, 0.15-, 0.30, and' 0.65. 

The boundary-layer momentum.-los s determinations used 
in computing the local skin friction on the 5-foot-chord 
H.A.C.A. 0012 airfoil were made at zero lift at an air 
speed of 230 miles per hour. 



The drag of the metal 
0012 airfoil was measured 
■ditions at speeds varying 
With .the 0.035-inch string 
the 2-,- 5-, 10-, 15-, 20-, 
with the -0»-00 37--inch carbo 
tions; and with the 0.017- 
surf-aces at the 10-percent 



-covered. 5-foot-chord N»A.C.A'» 
for each of the following con- 
front 75 to 275 miles per hour: 
on upper and lower surfaces at 
and 25-percen't chord stations; 
rundum grains at the same sta- 
inch string on upper and lower 
chord station. 



SYMBOLS 



lows : 



The symbols used in this r-oport are defined as fol- 



V, air speed (corrected for tunnel-wall constric- 
tion effect). 



U, local velocity just outside boundary layer, 
u, ' local velocity in boundary layer. 
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c, wing chord. 

x, distance measured from leading edge along chord 
lino. 

y, distance measured normal to surface.. 

s, distance measured from forward stagnation, point 
along surface. The relation between s and 
x for the H.A.O.A. 0012 airfoil is shown in 
table I . 

8, boundary-layer thickness. 
8*, displacement boundary-layer thickness 



dy 



v > kinematic viscosity. 

p, , coefficient of viscosity. 

R , Reynolds Number (Vc/u) . 
R s , local Reynolds Number (Us/v ) . 

Eg, local Reynolds number, .based on boundary-layer 
thickness (U6/t>). . 

R5 * , local Reynolds Number based on displacement 
boundary-layer thickness (Uo*/u). 

c^, section lift coefficient. 

0^ , section profile-drag coefficient. 
0 

c^, section skin-friction drag coefficient. 

c-fi local skin-friction coefficient. 

■rv .-> n • • j. j? a. • / Plocal ~ ^stream \ 
r, coefficient of static, pressure ^ - J " , ° .. . ■ — - — ). 

a, dynamic pressure (l/2 p V s ), . ...... 

p, mass density of air. ; 

■ M, momentum loss per unit span between boundary- 
layer flow and a corresponding mass flow imme- 
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diatoly outside "boundary layer 
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pu(U - u) dy 



IT, thickness number (l/3 Eg*). 

A, Pohlhausen's boundary-layer profile-velocity shape 



Velocity calculation. - The method of computing the 
speed of flow in the N.A.C.A. 8-foot high-speed wind tunnel 
is described in reference 9. • In the computation of the 
local velocities near the surface of the airfoils, the com- 
pressible-flow form of Bernoulli's equation was used. The 
local air density necessary for the calculations was ob- 
tained by assuming adiabatic expansion from the low-speed 
section of the tunnel where the air temperature is measured. 
The usual . assumpt ion of constant static pressure throughout 
the depth of the boundary layer was also made. 

Constriction effect. - The use of airfoils of large 
size in comparison with the diameter of the wind tunnel re- 
sults in an air speed at the airfoil appreciably higher 
than the speed that would exist if the flow were not re- 
strained by the tunnel walls. The magnitude of this effect 
was determined by comparing the static pressures measured 
on the H.A.CiA. 0012 -airfoil with results obtained in the 
full-scale tunnel and with potent ial-floif theory. For ex- 
ample, at an indicated tunnel air speed of 200 miles per 
hour, the effective speed at the 5-foot-chord airfoil is 
205 miles per hour. The corresponding value for the 2-foot~ 
chord airfoil is 200.8 miles per hour. Throughout this re- 




Subscripts : 



T, at transition point. 



m, at point of minimum pressure. 



RESULTS AID DISCUSSION 



Reduction of Data 
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port, the air speed ¥ has been taken as the effective 
speed obtaining with the airfoil in the tunnel; the dynamic 
pressure used. in reducing the force and the pressure data 
to coefficient form was based on this effective speed. 



Transition 

The transition points for the various lift coeffi- 
cients were determined from curves similar to those shown 
in figure 4, which may be taken as typical for both the 
l.A.C.A. 0012 and 23012 airfoil sections. The transition 
point is def ined herein as the point at which the mean_ve- 
locity near the surface begins to show an abnormal increase 
owing to the onset of" turbulent flow. The region of in- 
c"r easing" me an" velocity immediately following the transition 
point is called the transition region. 

It will be noticed that the curve for the value of 
lift coefficient of -0.57 has no well-defined position of 
minimum velocity and that the behavior of the curve in the 
region of increasing velocity. is very irregular. The 
transition point for this condition could not be determined 
except by a study of the shapes of the velocity-distribution 
profiles, which showed a gradual transition over an extended 
region. 

Upper surfaces of Sf.A.C.A. 0013 airfoils. - The transi- 
tion-point locations obtained on the 5-foot-chord metal- 
covered and solid-wood airfoils are shown together in fig- 
ure 5 as a function of Reynolds lumber for the various test 
lift coefficients. The slight waviness of the surface of 
the met al-covered airfoil caused transition to occur some- 
what nearer the stagnation point than for the solid-wood 
airfoil at all test conditions. At the high "lift"* coeffi- 
cients where transition was controlled mainly by severe 
adverse pressure gradients, the effect of the waves was 
small; at c^ = 0.33, transition occurred only about 2 
percent of the chord nearer the stagnation point than on 
the ideally fair solid-wood airfoil. As the lift decreased, 
the effect of the waves became more pronounced and, at a 
value of c\ of -0.16, caused transition to occur 7 per- 
cent of the chord nearer the stagnation point than with the 
ideal surface conditions. The effect of the waves varied 
only slightly with change in Reynolds Number. 

The transition-point results obtained on the 2- and 
the 5-foot-chord airfoils of solid construction are shown 
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together in figure 6. As the surfaces of "both of these 
airfoils were ideally fair and smooth, the results at a 
given Reynolds lumber are strictly comparable. In the 
range of Reynolds Numbers of 4,000,000 to 7,000,000, trans- 
ition points were obtained on "both sizes of airfoil at 
widely different speeds and the small differences in tran- 
sition-point location shown (about 2 percent of the chord 
on the average) are believed to be due to the effects of 
the compressibility of the' air. The Mach number (ratio of 
the air speed to the speed of sound in air), upon which 
compressibility effects depend, varied from 0.29 to 0.59 
for the 2-foot-chord airfoil and from 0.11 to 0.20 for the 
5-f oot-chord airfoil in the overlapping Reynolds Number 
/•range of the tests. Compressibility appears to have no 
(pronounced effect on the location of the transition point 
Ion a conventional airfoil at , low lift coefficients, at 
[least for Mach numbers below 0.60. It should be pointed 
out that the compressibility shock, which has been found 
to occur on a body when the maximum local velocity exceeds 
the local velocity of sound and which is accompanied by 
radical changes in pressure distribution over the body, 
had not yet •appeared on the N.A.C.A. 0012 airfoil at the 
maximum speed of the tests. 

The static-pressure distribution as obtained by means 
of the static tube in the boundary-layer s\irvey head, is 
shown in figure 7 for each of the test lift coefficients. 
The curves represent averages of all the data obtained on 
the 5-foot-chord airfoils at speeds below 275 miles per 
hour. The only consistent change in the pressure distri- 
bution for speeds greater than 275 miles per hour was a 
greater negative value of the pressure coefficient P at 
all stations. 

The region in which transition occurred for the 
H.A.C.A. 0012 airfoils in the present tests is indicated 
in figure 7 for the four lift coef f icients , that were tested 
through the widest range of Reynolds Number. At a given 
lift coefficient, transition never occurred ahead of the 
,point of minimum pressure and, from the behavior of the 
| curves of figures 5 and 6, the transition point appears to 
[approach the point of minimum pressure, as an approximate 

forward limit, at Reynolds Numbers of the order of 
(j 17,000,000. from a consideration of the probable distance 
| that the laminar flow may extend along the chord at very 
low Reynolds Numbers, it seems likely that the laminar 
separation point is a disturbance of sufficient magnitude 
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to precipitate transition under any conditions. In . sup- 
port of this conjecture, tests on a flat plate (reference 
10) showed that transition in an adverse pressure gradient 
at low Reynolds Numbers occurred at or very near the sepa- 
ration point and resulted in a reattachment of the flow 
to the surface. The theoretical laminar separation points 
for the several lift coefficients were estimated by the 
approximate method of reforence 11 and are shown on figure 
7. At the lowest Eeynolds Numbers, transition occurred • 
in the vicinity, and generally somewhat ahead, of the the- 
oretical separation points. The fact that the. transition 
points for the lift coefficient of 0.33 fell as much as 
5 percent of the chord to the rear of the estimated sepa- 
ration points is probably due to the inaccuracy of estima- 
tion of separation because 'no actual separation was ob~ 
served in 'the tests at these lift coefficients, 

Up-per surface of N.A.C.A. 35012 airfoil. - Figure 8(a) 
shows the variation with Eeynolds Number of the transition* 
poi^it location on the upper surface of the N.A.C.A, 23012 
airfoil. It will be noticed that the transition points 
are given in terms of x/ c , ch.ordw.ise dis.tance from the 
leading edge. Uncertainty as to the exact stagnation- 
point location on the N.A.C.A. 23012 airfoil made it in- 
advisable to employ the parameter s/.c used in presenting 
the N.A.C.A. 0012 airfoil results. The theoretical pres- 
sure distribution corresponding to each of the test lift 
coefficients is given in figure 9(a). The general sho.pes 
of the pressure-distribution curves were similar to those 
for the N.A.C.A. 0012 airfoil, and a direct comparison 
with the N.A.C.A. 0012 airfoil results can therefore be 
made. Although the analysis is somewhat handicapped by a 
scarcity of test points near the extremes' of the range of 
Reynolds Numbers (fig. 8(a)), figtire 9(a) shows that tran- 
sition occurred between the same limits as obtained for 
the N.A.C.A. 0012 ai'rf'oiT,' namely, the point of minimum 
pressure and the estimated laminar separation point. 

Lower surface of N.A.C.A. 23012 airfoil. - The varia- 
tion with Reynolds Number of the transition points on the 
lower surface of the N.A.C.A. 23012 airfoil is shown in 
figure 8(b) and the corresponding theoretical pressure- 
distribution curves are shown in figure 9(b). The approx- 
imate method of reference 11 N f or estimating laminar sepa- 
ration could not be satisfactorily applied to this type 
of pressure distribution. The anomalous behavior of the 
transition-point curves can, however, be sat isf act orily 
explained, by reference to the results for the N.A.C.A, 
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0012 airfoil, on the "basis of the pre s sur e-dis tr itmt i on 
diagrams. For all of the lif t-coaf f icient values except 
0.30, transition occurred, as on the. H.A.C.A. 0012 air- 
■foil, in the adverse pressure gradient "back of the point 
of minimum pressure in spite of the fact that (except at 
c\ = 0.65) there was a subsequent favorable pressure 
gradient and another peak in each of the pressure-distri- 
bution curves. The pressure-distribution curve for c\ = 
0,30 is intermediate between the type of curve with two 
well-defined peaks (for c ^ .= 0 and 0.15) and the type 
with one peak (for c^ = 0*65). ' The curve of transition- 

point location against Reynolds iTumbor (fig. 8(b)) for 

c.^ - 0.30 was also intermediate between the corresponding 

curves for these two types of pressure distribution. 

Comparison with results for a more turbxilent air 
"stream. - The-.dif f efence . between 'the transition-point loca- 
tions obtained in this investigation on the 5-foot-chord 
metal-covered airfoil and the faired results obtained in 
the full-scale tunnel on a 6-foot-chord airfoil of similar 
construction (reference -5 ) is shown in figure 10. Since 
the "test conditions and the models employed were made as 
nearly alike as possible, the difference in the transition 
points is . interpreted to be mainly the result of the dif- 
ference in air-stream turbulence. Figure ll shows- • t'hc 
differences in pressure distribution on the 1T.A.C.A. 0012 
airfoil as measured in the full-scale and the high-speed 
tunnels. Because the high-speed-tunnel data shown 
were measured at low speeds -and have boon 'corrected for 
the effect of constriction, the differences' shown are due 
either to variations in shape and attitude of the models 
employed or to variations in "both. The discrepancies are 
slight and are believed to have a negligible effect on 
transition and laminar separation. The greater turbulence 
present in the full-scale tunnel- air stream had -a pro- 
nounced effect in causing transition to occur nearer the 
stagnation point than in the present tests. This effect 
was largest on the pressure -side- o-f the . airfoil at high 
lifts and smallest on the suction side at high lifts. The 
length of the transition region w-as- considerably shorter 
in the present tests and the transition point was mudh more 
sharply defined than in the full-scale-t'unnel tests, as is 
shown in figure 12. 

Application of results to free-air conditions. - Al- 
though sphero'-drag tests in the H.A.C.A. 8-foot high-speed 
tun-ne-1 -showed approximately the same critical Reynolds 
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ITumber as in flight, it cannot bo assumed that the transi- 
tion results presented in this report will he approximate- 
ly the same as those obtained. on identical airfoils in 
flight. The small turbulence present in the tunnel had 
an insignificant effect on transition on a sphere hut may 
have an appreciable influence on airfoil transition. Un- 
published results obtained in the model of the K.A.C.A. 
two-dimensional-flow tunnel, which, is believed to have a 

turbulence level even lower than that of t he 8-foot high - 

s p e ed tunnel, showed the transition points to lie from 2 

t Q_J5...pj?jrjCL&^ — than 

in the present tests . 

Local conditions at the transition point. - The bound- 
ary-layer data obtained by means of the four-tube survey- 
head measurements on the 5-foot-chord IT.A.C.A. 0012 metal- 
covered airfoil permitted an evaluation of parameters de- 
scribing the local conditions existing near transition. 
The local Reynolds ITumber R s and the boundary-layer 
Reynolds ITumber R g were computed and are plotted in fig- 
ures 13 and 14, respectively, as functions of the airfoil 
Reynolds ITumber. It is at once apparent that no single val- 
ues of R s and R§ occurred at transition, R g varying 
from 570,000 to 3,500,000 and R s from about 4,500 to 
11,000. with indication of still greater values at larger 
airfoil Reynolds Numbers. Values of the Reynolds ITumber 
R5 * based on the displacement thickness U5 */ v, which 
can be obtained experimentally with a higher degree of pre- 
cision than R 5 , varied from 1,580 to 3,000. A wide range 
of values of these factors at transition was also, reported 
in reference 5. 

The parameters IT and A were computed for compari- 
son with the flight-test results of reference 1. The thick- 
ness number IT is defined as 



Pohlhausen's boundary-layer velocity-profile shape param- 
eter X, having the characteristic value of -12 at the 
separation point,, is defined as 




X = 



S 3 dTJ 
v ds 



The values of ~f> and X, shown in figure 15, had 
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no consistent values at transition. In general, the val- 
ues of "both parameters were numerical!" less than the 
values obtained in flight "by Jones (.reference l). The 
values of IT lay between 800,000 and 3,000,000 and the 
values of A lay between 0 and -6.0. The corresponding 
flight values (reference l) for IT wore 600,000 to 
4,800,000 and, for X, were 0 to -7.2. 

'There was also computed the nondiinens i onal pressure 
gradient at transition, which is defined as 

s T f dP^ 
(1 - ? T )\ <Le/ at ST - 

where brp is the value of s at the transition point. 

Pj , pressure coefficient at the transition point. 

The values of this parameter lay between 0.05 and 0.54 and 
showed no consistent variation with Reynolds Bumbor. 

It thus appears that the fundamental causes of tran- 
sition cannot be related in a simple way to these local 
conditions existing at the transition point. 

Correlation of transition d a ta on the basis of 
Beynolds dumber and pressure distribution. - An attempt 
was made to correlate the location of the transition 
point with the principal controlling factors, Heynolds 
ITumber and pressure distribution. An appr oximat e empiri- 
cal relation between these variables based on the results 
for the IT.A.C.A. 0012 airfoil was obtained. It was assumed 
that: 

1. The laminar layer extends back of the point of 

minimum pressure -a distance depending on the 
local velocity at this point and the airfoil 
Reynolds Humber.' 

2. The variation with Reynolds Humber of the transi- 

tion-point location, as experimentally obtained 
for the zero-lift condition, holds approximately 
for the other lift coefficients. (See fig. 6.) 

For the condition of zero lift on the IT.A.C.A. 0012 
metal-covered airfoil, the following equation was found 
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to fit the experimental curve (fig. 6) within the scatter 
of the test points: 

— = 53l(Er l/2 + 0.05 
c 

in which s^/c is the value of s/c at the transition 
point. In terms of the location of the point of minimum 
presstire, s B /c, and the airfoil Beynolds Number modified 
for the local velocity at this point, U m , the expression 
is 

s T s m /*U m \~ l/2 

= + 584 I -— ) - 0.0 8 

c C \ V ' 



s 

since, for the zero-lift condition, _JS. = 0.13 and 

c 

m 

= 1.21. .... 



In figure 16, the values of this expression are plot- 
ted against the measured transition points for all the tost 
conditions of the N.A.C.A. 0012 airfoils and all the upper- 
surface results of the IT.A.CA. 23012 airfoil. On the same 
figure are shown the results obtained from the N.A.C.A. 
full-scale wind-tunnel tests (reference 5), 1I.A.C.A. flight 
tests (reference 12), and Jones' flight tests (reference l) 
It is seen at once that, for transition points in the range 
of values of s T /c from 0 to 0.35, which includes most 
of the test conditions, the equation can be used to esti- 
mate the transition points on the airfoils tested with a 
probable error of about 3 percent of the chord. For the 
conditions of very low Reynolds Numbers and the conditions 
existing on .the pressure side of the airfoils at high 
lifts, for which transition occurs in the range of values 
of sij/c from 0.35 to 0.75, the scatter of the points 

about the mean curve increases but a definite correlation 
between the measured transition points and the values of 
this expression exists throughout the entire range. The 
fact that the flight-test results fall on the same curve as 
the results from the 8-foot high-speed ttinnel is of particu 
lar interest, the implication being that the turbulence 
level in this wind tunnel, is low enough to allow . approxi- 
mately free-air transition points to be attained on conven- 
tional airfoils, The test results from the full-scale tun- 
nel, however, fall on a well-defined cxirve considerably dis 
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placed from the results from the 8-foot high-speed tunnel 
and flight j and the indicated effect of turbulence is in 
general agreement with the indications of figure 10. 

Inasmuch as the foregoing method of estimating tran- 
sition is based on the experimentally determined variation 
with Reynolds Humber of the transition point on the 
U.A.G.A. 0012 airfoil, it is obviously limited in applica- 
tion to airfoils of conventional section with pressure 
distributions similar to that of the IT.A.C.A. 0012 airfoil, 
that is : , with one peak in the pressure-distribution curve. 
For example, the relation could logically be applied to 
■the upper and the lower surfaces of the H.A.C.A. 00, 24, 
44, and 65 series, to the Clark l r series, and to the 
GSttingen series' of airfoils. It was successfully used 
to predict transition on tlvj upper surface of the H.A.C.A. 
33012 airfoil- (see fig. 16), for which the pressure dis- 
tribution is similar to that for the IT.A.C.A. 0012 air- 
foil. But the pressure distribution on the lower ■ surface 
of the H.A.C.A. 23012 (see fig. 9(b)) is of a radically 
different type and the anomalous behavior of the curves 
of transition-point location against Reynolds . number (see 
fig. 8(b)) has already been discussed. The expression 
obviously cannot be employed in this . instance. 

It is .also apparent that the relation, is not appli- 
cable' t 6 conditions where transition is controlled by- -lam- 
inar separation; for example, at very low Reynolds Humber s 
or on the upper surface at high lifts. In other words, 
the expression should never be used to predict transition 
back of the laminar separation point. 

Skin friction . ' 

Skin-friction distribution on the IT.A.C.A. 0012 air - 
foil. - The momentum loss per unit span in the boundary 
layer, H, was obtained from the complete boundary-layer 
velocity profiles shown in' figure 17 for the condition of 
zero lift at a Reynolds Humber of 10,250,000. On a body 
such as an airfoil, M may be considered representative 
of the drag, as a .qualitative approximation; and, for a 
■symmetrical airfoil at zero lift, the coefficient 2M/ qc 
at any station of measurement therefore represents roughly 
the contribution to the airfoil drag coefficient of the 
area ahead of that station. " ". 

A plot of the momentum coefficient 2M/ qc is given 
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in figure 18 to show the general effect of transition on 
the drag of the airfoil; the estimated momentum loss, had 
transition not occurred, is shown as a broken line on the 
figure. Although the values of K are somewhat lower 
than the drag, the coefficient dM/dx is nearly equal to 
dD/dx over the turbulent-flow portion of the airfoil. 
Thus, at a given station, the difference "between the ex- 
perimental curve, with transition occurring at 20 percent 
of the chord, and the extended laminar-flow curve sho-dld 
give a close estimate of the. increase in drag coefficient 
resulting from a change in transition point from the sta- 
tion under consideration to the 20-percent-chord station* 
For example, a movement of the transition point of 10 per- 
cent of the chord, from the 30- to the 20-percent-chord 
stations, would result in an increase in the value of the 
drag coefficient of 0.00111 - 0.00053 or 0.0006. The in- 
creases computed in this way are compared later with, ex- 
perimentally determined increments. 

The- local skin-friction coefficient, plotted in fig- 
ure 19, was comported from the expression (derived in ref- 
erence - 13, sec. 17, pp. 106-108) 

T o . 1 dH 6* dp 
q, qds q.ds 

where t 0 is the local intensity of skin friction. The 
sudden increase at transition is followed by a gradual de- 
crease toward the rear of the airfoil owing to the thick- 
ening of the turbulent layer and the decrease in the local 
velocity outside the boundary layer. 

Total skin-friction and form drags - The total skin- 
friction drag coefficient for the airfoil, is equiv- 
alent to twice the area under the curve of figure 19 and 
has the value 0.0047, within limits of accuracy of ±0.0005. 
A comparison of this value \>/ith the best available estimate 
of the total profile-drag coefficient of the S.A.C.A. 0012 

airfoil c fl = 0.0056 at a Reynolds Number of 10,250,000 
u o 

(based on an extrapolation of the measurements of reference 
14 corrected for trans it ion-point movement) indicates a 
pressure or form drag between 7 and 25 percent of the total 
drag. 



Estimation of airfoil skin friction. - The measured 
skin-friction distribution shown in figure 19 makes possible 
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a comparison of the merits of ?arious 
ing airfoil drag when the transition 
relatively small contribution to the 
of the friction of the laminar layer 



methods of estimat- 
point is known. The 
total skin friction 
of conventional air~ 



foils at high Reynolds lumbers does 
cation of laborious methods such as 
computing the laminar skin friction 
culations, the classical flat-plate 
modified to allow for the increased 
potential flow, were employed. for 
local skin-friction coof f icient . is 
p. 89) 

0.332 /M£lT 2 ' l/S 



not w arrant the appli- 
that of Pohlhausen in 
In the present cal- 
theoretical values, 
local velocity due to 
a flat plate, the exac 
(reference 13, sec. 14, 



c f 



(*?-) 



whore U = Y. This .relation was assumed to hold approxi- 
mately for an airfoil where U / V and was applied in the 
convenient form: 



3 n 



1/2 



0jt , 0.664 j MIL- 
L R s/c J 

where U/V is the moan value up to the station s, 

The calculated laminar friction is shown in figure 19 
and is seen to be a good average approximat ion for the re- 
gion of laminar flow. The skin friction computed from the 
slope of the boundary-layer velocity profiles, which could 
be obtained with fair accuracy in the lam inar-f low region, 
is also plotted in the figure and indicates satisfactory 
agreement with the momentum measurements. The relation be 
twecn the slope and the surface friction is 



j£ / du \ 
q. Vdy j 



7=o 



As a matter of interest, 
ness was computed by the 
the agreement between the 
thickness was good (fig. 
for the. thickness is: 

5 = 



the laminar boundary-layer thick- 
same method of approximation and 

experimental and the theoretical 
20). She approximate equation 

5.5 s 



1/2 



R — — ^ 
c V J 

'.irhero U/V is the mean value up to the station s. 
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A method suggested by Dryden and Kuethc in reference 
15 was used to compute the skin friction corresponding to 
the turbulent flow. The principal assumptions were: 

(1) The boundary-layer velocity distribution may be 

described by the relation u/U = 

at all stations in the turbulent-flow region. 

(2) The skin friction for a given local velocity de- 

pends only on the thickness Reynolds lumber, 
according to the results of pipe-flow tests. 

Assumption (l) is substituted into the von " Kdrmdn integral 
equation and a solution for 8 is obtained; namely, 

/ 0.289 v 1/4 p X 27/7 V /5 
S ^xe/sa / n dx) 

"-' o 

The velocity-distribution profiles (fig. 17) showed that 
the end of the transition region was at about 30 percent 
of the chord; that is, the profiles back of this station 
showed fully developed turbulent-flow characteristics. 
Accordingly, 8 was computed from the foregoing equation 
on the assumption that the developed turbulent layer start- 
ed at a point s x (20 percent of the chord) such that the 
momentum loss at the 30-pe rccnt-chord station equaled the 
measured value at this station. The variation along the 
chord of the local velocity IT was obtained from the ex- 
perimental results. 

By assumption (2), the skin-friction coefficients 
were then obtained from ■ 

Cf B 0.045 £H!fJL V /4 .. 

■ * 2q V US ) 

The results of the calculations of 8 and c f are shown 

in figures 20 and 19. It is seen that this method gave a 
fair approximation to the thickness of the turbulent layer 
(fig. 20) but that the computed skin-friction coefficients 
(fig. 19) were considerably higher than the measured coef- 
ficients.. 
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For small values of 6, the preceding express ion is 
invalid since it gives the result Cf = co when 8 = 0. 
The computed turbulent -flow friction curve was therefore 
extended only to the center of the transition region. If 
it is assumed that an instantaneous transition takes place 
at this 'point (x/c = 0.25), the area under the computed 
curves gives a computed C£ f = 0.0053, which is ah out 11 
percent greater than the measured value. 

The foregoing calculations emphasize the fact that, 
even if the transition point is known, it is impossible 
to compute airfoil drag with sufficient precision. Ade- 
quate data on form drag and on the skin-friction coeffi- 
cients, corresponding to the eddying flow on airfoils must 
yet he obtained. 

Calculatio n of scale effect. - The forward movement 
of the transition point with increasing Reynolds lumber 
(figs. 6 and 8) indicates that the variation with Reynolds 
Number of the drag coefficient of a smooth airfoil will 
not follow the skin-friction law for 100-percent turbulent 
flow as is sometim.es assumed for convenience in extrapo- 
lating airfoil data. In the' calculation that follows, the 
skin-friction drag coefficient of the E.A.C.A. 0012 air- 
foil at zero lift is computed for Reynolds Numbers ranging 
from 1,500,000 to 17,000,000, use being made of the expori 
mentally determined location of the transition point (fig. 
6). 

The .approximate method of computing skin friction 
previously described is considered adequate for estimating 
the variation in total skin friction with Reynolds Number 
although the absolute values of the coefficients will be 
somewhat' high. As before, the boundary-layer flow was con 
sidered laminar up to the center of the transition region, 
which was assumed to lie 5 percent of the chord back of 
the transition point, i.e., at s^/c + 0.05. Beyond this 

point, the flow was considered turbulent. An imaginary 
starting point, s ls from which the turbulent layer was 
assumed to develop, was selected for each Reynolds lumber 
so that the momentum loss at the end of trans it ion would 
have the value 0.00035 qc + laminar drag, determined from 
the measurements at R = 10,250,000. The thickness of the 
eddying layer was then computed from the Dryden-Kue the 
equation, rewritten in terms of the Reynolds lumber: .' 
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s/ c 



,/c = 



0.389 / I V 



115/3 8 



-14/5 



R 



(U/vf cL(s/c) 



s i, c 



Tho airfoil drag coefficiont was finally obtained from 



-1/4 

5 d ( s / c ) 



v7 (sj/c +0.05) 

where the quantity U/ Y in the term for laminar drag is 
an average value taken "between the leading edge and 
Srp/c + 0.05, and the "boundary-layer thickness 6 is ob- 
tained from tho previous equation. 

The scale-effect curve thus obtained is shown in fig- 
ure 21 whore it is compared with tho special case of 100- 
percent turbulent flow, that is, where transition .occurs 
at the leading edge. It is seen that the curves have 
greatly different slopes at the lower Eeynolds lumbers and, 
in addition, are widely separated. The necessity of a 
detailed consideration of transition effects in estimating 
the drag of a smooth e.irfoil is emphasized. The increase 
in drag due to forward movement of the transition point is 
more than offset by the decrease of the local skin-friction 
coefficients with Eeynolds Slumber throughout the range consid- 
ered. At high Eeynolds. lumbers , the slopes of tho .two 
curves tend to become equal owing to . the fact that the mo- 
tion of transition becomes small. 

Results of force tests with c ontr oiled transition. - 
The results of the force tests showing the increase in 
drag associated with controlled movement of the transition 
point arc presented in figure 22, The drag-coefficient 
increment . Ac^, corresponding to a change in transition- 
point location A(xrp/c), was defined as follows: 



; df 



/U\ ( s t/ c + 0-05 
. \7- 



E 



-. 1 /a 



+ 0.090 



(i) 



1/4 
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= c c T_(wing with string) - c^(smooth wing) - c&Cstring) 

The drag of the string at a given speed and station was 
obtained as the difference in drag measured with the string 
and the carborundum strip because the drag of 'the carborun- 
dum strip, from an estimate based on tests with the wing 
completely covered with carborundum was negligible. The 
fact that the straight line through the experimental points 
does not pass through the origin is probably due to an 4 
error in obtaining the basic wing drag, to a possible ■ef- 
fect of artificially induced transition by a surface irregu- 
larity on the character of transition, or to a combination 
of these factors. Of paramount interest, however, is the 
slope of the curve. A comparison of the slope obtained 
from the momentum-loss diagram (fig. 18) with the slope of 
the experimental curve .shows good agreement. There was 
practically no change in the slope of the -curve , as deter- 
mined experimentally or as computed, with, the original lo- 
cation of transition, with the extent of the transition 
movement, or with the Reynolds Number. The slope was ap- 
proximately equal to the estim-atod profile-drag coefficient 
so that, as a general rule, for conventional airfoils _tho 
dr ag-cpof f iciea.t ... i nc r omen t.....in po r c ent age of t Fo~£fof i'lo 
drag is equal numerically to the change in Ici cat ion"' of the 
t rans it ion po int. , .in percentage of the chord . YoiT ' exampTe'j 
a small surface irregular ity at the 5-percent-chord station 
on both surfaces of the N.A.C.A. 0012 airfoil would cause 
transition to occur 37 percent of the chord ahead . of the 
transition-point location on a smooth wing for the condi- 
tion c^ = 0 and R = 2,000,000 (see fig. 6) and would be 
accompanied by an increase in profile drag of approximately 
37 percent. For R = 10,000,000, the increase would be 
about 20 percent. 

CONCLUSIONS 



1. The transition point on smooth wings of conventional 
section in an air stream with turbulence approaching that of 
free air may be expected to move progressively forward with 
increasing Reynolds Number from the vicinity of the laminar 
separation point at Reynolds Numbers of the order 1,000,000 
to the vicinity of the point of minimum static pressure at 
Reynolds Numbers of the order of 17 , 000 , 000 . 

2. Stream turbulence of the magnitude of 0.3 percent- 
had a marked effect in causing transition to occur nearer 
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the stagnation point, in increasing the length of the 
transition region, and in reducing the sharpness of dcf«- 
inition of the transition point. 

3, The effect of compressibility on the location of 
the transition point on airfoils at low lift coefficients 
was slight for Mach numbers at least as great as 0.60. 

4, Small departures from a • fair • prof i le in the form 
of bare.ly perceptible surface waves may cause transition 

to occur nearer the stagnation point than on an aerodynami- 
cally fair surface. 

5, Hone of the usual parameters describing the local 
conditions in the boundary layer near • transit ion served 
as an index for locating transition. 

6, lor a given stream turbulence, the static-pressure 
distribution, and the Reynolds -Humber were the main factors 
influencing the location of the transition point on the 
airfoils. The transition point on an airfoil of conven- 
tional section with a pressure distribution similar to that 
of the I.A.C.A. 0012 may be expressed as an approximate 
empirical function of the location -of the point of minimum 
pressure and the Reynolds Humber,- 

7, Present knowledge of form drag and local skin- 
friction c oef f ic i.ent s is inadequate for the precise compu- 
tation of airfoil drag even th-ough the location, of the 
transition point is known. 



Langley Memorial Aeronautical Laboratory, 

ITational Advisory Committee for Aeronautics, 
Langley field, Ya-« , October 21, 1939. ' 
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TABLE I 

Distances' along the Surface (s/c) from the theoretical 
Stagnation Point, Corresponding to Distances along 
the Chord Line (x/c) from the Leading Edge of the 
H.A.O.A. 0012 Airfoil 
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■"/ c X \^ 


-0.57. 


-0.33 


-0.16 
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0.16 


0.33 


0.65 . 
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-0.017 


-0.010 


-0.004 
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0.004 


0.010 


0.019 


. 0 5 


.048 
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-.0 69 


.075 
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•■ *10 
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. 120 
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. 20 


. 200 


.207 


. 213 
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.250 
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.300 
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.327 
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.350 
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. 371 
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.400 
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.467 


.471 
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.486 
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.550 
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.563 


.567 
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.577 


.586 
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. 607 


.613 
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.636 
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.700 


.707 


.713 
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.828 
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Figs. 1,2,3 
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Figure 2.-Static-and total-pres- 
sure tubes used in sur- 
veying the boundary layer of the 
5 -foot-chord H.A.C.A. 0013 air- 
foils. 




Figure 3.-Static-and total-pres- 
sure tubes used in sur- 
veying the boundary layer of the 
2 -foot -chord H.A.C.A. 0013 air- 
foil. The tubes are approximately 
two-fifths the size of those used 
on the 5-foot-chord airfoils. 
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Figure 4.- Velocity in the boundary layer of the 5-f oot-chord N.A.C.A. 0012 metal- 
covered airfoil 0.008 inch above the upper surface at a Reynolds 
Number of 6,550,000, showing transition at several lift coefficients. 
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Figure 5.- Transition-point location on the upper surface of the 5-f oot-chord 

N.A.C.A. 0012 airfoils as affected by lift coefficient, Reynolds 
Number, and minute surface waviness of the metal-covered airfoil. 
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Figure 6.- Transition-point location on the upper surface of the 2-f oot-chord 

N.A.C.A. 0012 airfoil, and comparison with the results for the 5-foot- 
chord airfoil to show the effect of compressibility. 




s/c 

Figure 7.- Static-pressure distribution on the 5-foot-chord N.A.C.A. 0012 airfoil 
for the test lift coefficients. The ticks indicate the location of the 
transition points for the extreme test Reynolds Numbers. Estimated laminar 
separation points are denoted by S. 
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(a) Upper surface. (b) Lower surface. 

Figure 8.- Variation with Reynolds Number of the transition point on the 
N.A.C.A. 23012 airfoil for several lift coefficients. 



Fig. 9 




(a) Upper surface. The ticks indicate the location of the transition points for the 
extreme test Reynolds Numbers, Estimated, laminar separation points are denoted 
by S, (b) Lower surface. 
Figure 9.- Theoretical static -pressure distribution on the N.A.C.A. 23012 airfoil 
for the test lift coefficients. 
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Figure 10.- The difference between the transition-point locations on the 
upper surface of the H.A.C.A. 0018 metal-covered airfoil as 
obtained in the 8-foot high-speed and full-scale wind tunnels. 
R, 5,000,000. (See reference 5.) 
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Figure 11.- The static-pressure distribution over the N.A.C.A. 0013 airfoils (corrected for 
constriction) compared with the results obtained in the full-scale wind tunnel. 
C; , 0. 
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Figs. 12 , 16 
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Figure 12.- Comparison of typical transition curves obtained in the 8-foot high- 
speed and full-scale wind tunnels. c z , 0| R, approximately 5,000,000, 
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Figure 16.- Correlation of the transition point with pressure distribution and 
Reynolds Number for the 8-foot high- speed-tunnel test results, and 
comparison with full- scale-tunnel and flight-test results for several airfoils 
over a wide range of Reynolds lumbers and lift coefficients. 
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Figure 13.- The looal Reynolds 

Number at the 
transition point as a function 
of lift coefficient and 
Reynolds Humber for the 5-foot- 
ohord H.A.O.A. 0012 metal- 
covered airfoil. 
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Figure 14.- The boundary- 
layer Reynolds 
Number at the transition point 
aB a function of lift 
coefficient and Reynolds Number 
for the 5-foot-ohord H.A.O.A. 
0012 metal-covered airfoil. 
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Figure 15.- Values of I 
N and \ at the 

transition point for the 
5-foot -chord H.A.O.A. 
? 0018 metal-covered 

airfoil. 
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Figure 17.- Velocity profiles in the boundary layer of the N.A.C.A. 0012 airfoil. c z , 0; R, 10,250,000. 
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Figure- 18.- Variation along the chord of the N.A.C.A. 0012 airfoil of the momentum-loss coefficient, 
o, , 0; R, 10,250,000. 
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Figure 19.- Variation along the chord of the N.A.C.A. 0012 airfoil of the local skin-friction 
coefficient and comparison with theoretical approximations, c, , 0; R, 10,250,000. 
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Figure 20.- The thickness of the boundary layer on the N.A.C.A. 0012 airfoil compared with 
theoretical approximations. Cj , 0; R, 10,250,000. 
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Figure 31.- Variation with Reynolds Number of the skin-f riotion drag ooeffioient 
for the K.A.O.A. 0013 airfoil. (From computations baaed on tho 8-foot 
high-apeed-tunnal transition measurements . ) c, , 0. 
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Figure 23.- Drag-ooef f ioient increment corresponding to change in location of the 
transition point on both surfaces of the N.A.C.A. 0013 airfoil. Cj , 0. 



